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WIND "NEL INVESTIGATION OF 'IURBULZNT BOUNDARY LAYER NOISE 

AS REtATED To DESIGN CRITERIA FOR HIGH PERFORMANCE VEHICLES 

BY 
J. S. Murphp 
D. A. BiesA 

W. V. Speakefi 
I?. A. F r a n k e d  

Experimentally determined data on the  magnitude of w a l l  pressure 
f luctuat ion l eve l s  f o r  turbulent boundary layers  a re  presented i n  t h i s  
report. The measurements were made on the  sidewall of t he  Trisonic 
One-Foot Tunnel of the  Douglas Aerophysics Laboratory which w a s  
modified t o  eliminate background noise i n  the  t e s t  stream normally 
associated with choked flow over t h e  pressure control valve. 
condenser microphone w a s  used which l imited measurements t o  frequencies 
below 88,000 cps, a range t o  which p rac t i ca l  vehicle s t ruc ture  can 
respond. Results a r e  presented f o r  t he  zero pressure gradient o r  f lat  
p l a t e  boundary l aye r  on an insulated surface f o r  f r e e  stream Mach 
numbers of .43, .59, .86, 1.41, 1.80, 2.53 and 3.46 and Reynolds number 
based on momentum thickness i n  the  range 1 4  x 103 These 
r e su l t s  are i n  agreement with other measurements at subsonic speeds and 
indicate  a spec t ra l  d i s t r ibu t ion  which is  f la t  t o  values of non-dimen- 
sional frequency f 6*/um = 0.45 and a truncated f luctuat ion l e v e l  of e,, T~ = 2.8. it supersonic speeds, t h e  spectra  a l so  are f la t  t o  
values of fO/um = 0.15 with truncated overall l eve l s  of 4T / T~ 
~ 1 . 2  t o  1.7. 
waves impinging on t h e  boundary layer,  surface roughnesses and surface 
pressure gradients on the  magnitude of wall pressure f luc tua t ion  are 
shown t o  increase t h e  truncated l eve l s  by fac tors  of 5 t o  20 times the  
l eve l  i n  t h e  undisturbed boundary layer.  

* Douglas Aircraf t  Campany, Inc. 
A Bolt Berm& and Newman Inc. 
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Re4 50 x 103. 
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A t  Mach 3.46, the  e f f ec t s  of various strength shock 
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INTRODUCTION 

The high speed motion of a vehicle through a gas i s  r e s i s t ed  by 
the  act ion of viscosi ty .  This resis tance is  generated i n  a t h i n  region 
near t he  surface of t he  vehicle, the  boundary layer ,  i n  which la rge  
mean ve loc i ty  gradients normal t o  the  surface ex i s t .  Under conditions 
of major i n t e re s t ,  the  Reynolds number is  l a rge  enough so t h a t  t h e  
motion within the  boundary l aye r  i s  turbulent;  i.e., unsteady o r  f luc-  
tua t ing  ve loc i t i e s  of a random nature are superimposed on the  mean 
motion. 
which are evident as sound associated with the  turbulence and as a 
f luc tua t ing  force act ing on the  vehicle surface. The vehicle designer 
i s  great ly  in te res ted  i n  the  magnitude of t h i s  f luc tua t ing  force s ince 
it can cause v ibra t ion  of the s t ruc ture  which can contribute t o  fa t igue  
f a i l u r e  and generate sound within the  vehicle  ( r e f .  1). 
designer m u s t  provide proper treatment f o r  protect ion of passengers 
and equipment. The problem i s  pa r t i cu la r ly  important f o r  designers of 
advanced vehicles such as supersonic t ransport  a i r c r a f t  ( r e f .  2 )  and 
manned spacecraft .  

These f luc tua t ing  ve loc i t i e s  produce pressure f luctuat ions 

Hence the  

The mechanism of noise generation f o r  turbulent  flows over r ig id  
surfaces has been studied theore t ica l ly  by Curle (ref. 3) and Ph i l l i p s  
( re fs .  4 and 5 )  while theories  on noise radiated by f l e x i b l e  f la t  
p l a t e s  excited by turbulent  boundary layers  have been presented by 
Corcos and Liepmann ( r e f .  l), Ribner ( r e f .  6) and Kraichnan ( r e f .  7). 
Dyer ( r e f .  8) and Tack and Lambert ( r e f .  9 )  have considered the  
response of p l a t e s  and bars  subjected t o  boundary l aye r  pressure f luc-  
tuat ions using t h e  approach suggested by Lyon (ref. 10). 

All of these theo re t i ca l  treatments require empirical information 
on the  cha rac t e r i s t i c s  of the  pressure f luc tua t ion  f i e l d .  Most labora- 
tory measurements of w a l l  pressure f luc tua t ion  cha rac t e r i s t i c s  have 
been made on smooth, r i g id  surfaces. The measurements of Willmarth 
( r e f .  11) and Harrison ( r e f .  12) were made a t  subsonic speeds f o r  the  
case of zero pressure gradient flow (f la t  p l a t e )  on a smooth surface. 
Skudrzyk and Haddle ( r e f .  1.3) made measurements at  subsonic speeds on 
the  w a l l  of a water tunnel and on a ro ta t ing  cyl inder  with both a 
smooth and rough surface (sandpaper type roughness). 
( r e f .  14) and W i l l i a m s  ( r e f .  15) measured the  f luc tua t ing  pressure 
f i e l d  on smooth surfaces with zero pressure gradient flow at  supersonic 
speeds. Unfortunately f o r  t h e  vehicle designer, the  results show a 
ra ther  wide var ia t ion  - par t i cu la r ly  between the  subsonic and super- 
sonic measurements. 
measurements made i n  f l ight by Von Gierke (ref. 16), Mull and Algranti 
( ref .  17, 18), McLeod and Jordon ( r e f .  19) Hilton e t  .al. ( r e f .  20) ,  
Shattuck (ref. 21) and McLeod ( re f .  22) indicate  t h a t  it i s  not 
possible generally t o  r e l a t e  t he  laboratory r e s u l t s  d i r ec t ly  t o  flight 

K i s t l e r  and Chen 

To fu r the r  complicate the  designer 's  dilemma, 
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measurements. Thus t h e  present experimental program of wind tunnel 
measurements w a s  i n i t i a t e d  i n  order to: (1) examine t h e  Mach nmber 
e f f ec t  on w a l l  pressure f luctuat ions f o r  zero pressure gradient flows 
a t  both subsonic and supersonic speeds i n  a s ingle  experimental set-up; 
and (2) introduce i n t o  t h e  laboratory experiments some of t h e  elements 
of non-uniform flow such as surface roughness, pressure gradient and 
shock wave impingement which ex i s t  f o r  p rac t i ca l  vehicle configurations 
on which fl ight measurements were made. 

The need f o r  improved information on boundary layer pressure f luc-  
tuat ions increases i n  urgency with the advent of supersonic t ransport  
vehicles s ince the dynamic pressure corresponding t o  cruise  ( a t  60,000 - 
70,000 feet  a l t i t ude )  i s  greater  by a f ac to r  of two t o  three  than ex is t -  
ing subsonic t ransports  (at 30,000 feet a l t i tude) .  The locat ion of 
c r i t i c a l  regions of high f luctuat ion l eve l s  may require special  treat- 
ment f o r  protect ion of vehicle structure,  equipment and passengers. 
With these applications i n  mind, the emphasis w a s  placed on obtaining 
measurements i n  the  frequency range t o  which a s t ruc ture  can respond. 

A s m a l l  condenser microphone w a s  used as t h e  pressure transducer, 
thereby eliminating t h e  problems of vibrat ion s e n s i t i v i t y  tha t  are 
encountered with piezoelectr ic  transducers. Although the  use of such 
a transducer (e f fec t ive  surface diameter of approximately 0.13 inch) 
meant t h a t  t h e  invest igat ion w a s  r e s t r i c t ed  t o  the  r e l a t ive ly  lower 
frequency range, and t h a t  no d i r ec t  measure of overa l l  pressure f luc-  
tua t ion  l e v e l  could be obtained, it w a s  believed t h a t  the r e su l t s  would 
be useful i n  the  frequency range of primary i n t e r e s t  i n  prac t ica l  
vehicle design problems. 
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SYMBOLS 

area of microphone diaphragm, i n  

speed of sound, f t / s ec  

constant i n  eq. C2, dimensionless 

skin f r i c t i o n  coeff ic ient  = 

element of area, i n  

diameter of microphone diaphragm, inches 

effect ive diameter of microphone diaphragn, inches 

frequency of pressure fluctuations,  cps 

pressure spec t r a l  density 
form parameter = 6*/0, dimensionless 

2 

7 /q, dimensionless 
0 

2 

3 



Jn 
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P 

N 

P 

G T  

Pr 

Q 
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R 

Re 
t 

T 

U 

v 
X 

xP 

Y 

yP 

B 

Y 

Bessel function of the nth order, dimensionless 

Mach number = u/a, dimensionless 

steady pressure, l b / in  

pressure amplitude of a plane progressive wave, l b / in  

f luc tua t  ng pressure, l b / i n  
microbarf 
increment of overal l  pressure f luc tua t ion  l e v e l  f o r  limited 
frequency range 

2 

2 

2 o r  db re 2.9 x 1b/in2( .0002 

Prandtl  number, dimensionless 

dynamic pressure, l b / in  2 

, dimensionless Tw - Te temperature recovery f ac to r  = 
Tte  - Te 

radius i n  polar  coordinates, inches 

Reynolds number based on momentum thickness, dimensionless 

height of roughness element, inches, o r  time, seconds 

temperature, deg. Rankine 

ve loc i ty  of f lu id ,  f t / s ec  

output of microphone, vo l t s  

longi tudinal  distance, p a r a l l e l  t o  tunnel center l ine,  w i t h  x = 0 
at center  of sidewall inser t ,  inches 

longi tudinal  distance along center l ine  of pressure gradient 
generator, inches 

t ransverse distance, normal. t o  sidewall, with y = 0 at  t h e  w a l l ,  
inches 

dis tance from center l ine  t o  contour of pressure gradient genera- 
t o r ,  inches 

angle between tunnel center l ine and shock generator surface, 
deg rees 

r a t i o  of spec i f ic  heats, dimensionless, ( y =  1.4)  

4 



e 

i 
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W 

Y 

00 

boundary l aye r  thickness, defined as y at u/ue = 0.99, inches 

boundary l aye r  displacement thickness, inches 

boundary l aye r  momentum thickness, inches 

wave length, inches 

absolute viscosity,  lb-sec/f t  2 

angle between tunnel cen ter l ine  and expansion generator surface, 
degrees 

density, lb-sec /f t  2 4  

s e n s i t i v i t y  function, vo l t s / in2  - l b / i n  2 

s e n s i t i v i t y  constant, vol ts / in2 - l b / in  2 

2 w a l l  shearing s t r e s s ,  l b / in  

angular frequency, rad/sec 

angle i n  polar  coordinates, degrees 

SUBSCRIPTS 

condition at edge of boundary l aye r  

incmpres  s i b l e  conditions 

condition at microphone; i.e., n = 1, 3, 4, 5 ,  7, 8, ll, 

stagnation condition 

condition at w a l l  

condition at y inches fram w a l l  

f reestream condition 

SUPERSCRIPT 

reference condition 
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APPARATUS AND TEST PROCFDJRF: 

Wind Tunnel 

The measurements were made on t h e  sidewall of t he  Trisonic One- 
Foot Tunnel of t h e  Douglas Aerophysics Laboratory. The tunnel is  a 
blowdown-to-atmosphere f a c i l i t y  operating over the Mach number i m a g e  
0.2 t o  3.5. Mach number i n  t h e  tunnel is  generated by fixed nozzle 
blocks at supersonic speeds. Speeds i n  the  subsonic and transonic 
range are controlled by changing t h e  area of a second throa t  downstream 
of t h e  t es t  section. 
Figure 1. The tunnel i s  par t icu lar ly  su i tab le  f o r  research i n  boundary 
layer pressure f luctuat ions because it was  designed with an acoustic 
muff ler  i n  the s t i l l i n g  chamber (ref. 23)  which reduces background 
noise and because the  choked second throa t  prevents sound propagation 
upstream frm t h e  d i f fuse r  even a t  subsonic speed i n  the  t e s t  section. 
Thus, it provides t h e  inherent advantages of high tes t  stream dynamic 
pressure with low background noise. The f a c i l i t y  w a s  spec i f ica l ly  
modified f o r  t h i s  study t o  eliminate background noise normally associ- 
ated with choked flow over t h e  control valve. Ey connecting the  8,000 
f t 3  reservoir  of t h e  tunnel with an adjacent 26,000 f t 3  reservoir, it 
is  possible t o  operate with stagnation pressure equal t o  reservoir  
pressure thereby completely eliminating choked valve noise. 
modification required t o  accomplish t h i s  is  shown i n  Figures 2 t o  4. 
A hydraulically operated butterfly valve was  i n s t a l l ed  i n  the  18-inch 
l i n e  connecting t h e  two reservoirs.  Both t h i s  18-inch valve and the 
12-inch control  valve were operated simultaneously as on-off valves f o r  
t he  boundary l aye r  pressure f luctuat ion tests. 
s l i g h t  decay i n  stagnation pressure resu l t ing  from the  above mode of 
operation were made during data  reduction. 
t h e  wind tunnel may be found i n  ref. 35. 

Design features of t he  tunnel are shown i n  

The piping 

Corrections f o r  the 

Further d e t a i l s  concerning 

Boundary Layer and S ta t i c  Pressure Measurements 

The measurements were made on a 14.5-inch c i r cu la r  i n se r t  i n  t he  
side w a l l  of t h e  t es t  section. 
natural ly  f o r  approximately eight  feet upstream of t h e  measuring s ta t ion .  
Pressure d is t r ibu t ions  along the  sidewall were measured with Statham 
5-psid d i f f e r e n t i a l  transducers (using a vacuum reference). 
l ayer  t o t a l  pressures were measured using a 3-tube rake (Figure 5). 
Pressures were sensed by Statham 15-psid d i f f e r e n t i a l  transducers. 
posi t ion of t h e  rake was  varied by m e a n s  of a t raverse  gear driven by 
a 28-voit Globe dc motor and was measured by a shaf t  posi t ion encoder 
with a resolut ion of 36,000 counts per  inch of rake t rave l .  

The turbulent boundary layer  developed 

Boundary 

The 

S t a t i c  and t o t a l  pressure data  were reduced t o  absolute pressures 
on an IBM 1620 computer using appropriate transducer ca l ibra t ion  fac tors  
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and ambient pressures. 
Mach number by means of t h e  isentropic re la t ionship between s t a t i c  and 
stagnation pressure. 
t o  l o c a l  Mach numbers and ve loc i t ies  by the  isentropic  static-to-stagna- 
t i o n  pressure r a t i o  at subsonic speeds and by t h e  Rayleigh p i t o t  formula 
a t  supersonic speeds. I n  both cases, t he  l o c a l  Mach number w a s  calcu- 
l a t ed  using t h e  s t a t i c  pressure taken f r o m  t h e  w a l l  pressure o r i f i c e  
nearest  t o  t h e  boundary layer  rake which w a s  unaffected by the  presence 
of the  rake. To ca lcu la te  t he  velocity, constant t o t a l  temperature 
across the  boundary layer  w a s  assumed. 

"he s t a t i c  pressure da t a  was  a l so  reduced t o  

The boundary layer  t o t a l  pressures w e r e  reduced 

The local-to-f reestream veloci ty  r a t i o  within t h e  boundary layer  
w a s  p lo t ted  as a function of distance f romthe  w a l l  on a Benson-Lehner 
Electroplot ter ,  and values of B were determined by s e t t i n g  y = 6 at u/ue 
= .99. 
Values of other  boundary layer parameters were determined as shown i n  
Appendix A. 

Ty-pical boundary layer  veloci ty  p ro f i l e s  are shown i n  Figure 6. 

Fluctuating Pressure Measurements 

Boundary l aye r  pressure f luctuat ions were measured by a series of 
flush-mounted B l u e 1  and Kjaer Model 4136 condenser microphones in s t a l l ed  
i n  a second i n s e r t  i n  t he  sidewall of t h e  wind tunnel. Figure 7 shows 
the  locations of t h e  microphones and an accelerometer on the  tes t  p la te .  
Figure 8 i s  a block diagram of t h e  acoustic da ta  acquis i t ion system. 
During t h e  f i rs t  series of acoustic tests, t h e  microphone s ignals  w e r e  
recorded i n  t h e  FM mode t o  provide data over t h e  frequency range from 
0 . 0 1 t o  10 kcps. During t h e  f i n a l  s e r i e s  of tests, the  microphone 
s ignals  were recorded i n  t h e  d i r ec t  record mode t o  provide da ta  over 
t h e  frequency range f r a m  0.1 t o  100 kcps. Most of t h e  acoustic data 
presented i n  t h i s  report  were obtained during t h e  f i n a l  series of tests. 
Further information concerning the  acoustic data acquis i t ion instrumen- 
t a t i o n  and procedures, including discussions of ca l ibra t ion  procedures 
and microphone vibrat ion sens i t iv i ty ,  i s  given i n  Appendix B. 

A typ ica l  wind tunnel run l a s t ed  f o r  approximately 15 seconds, 
including tunnel s t a r t i n g  and shut-down time. The frequency analyses 
of t he  acoustic da ta  were accomplished by re-recording the  data  on a 
multichannel continuous loop of approximately 10 seconds duration. 
The data on a loop thus represented t h a t  port ion of t he  W i l i C i  tunnel 
run during which essent ia l ly  steady-state conditions prevailed. 

I n  Figure 9 are block diagrams of t h e  acoustic data  processing 
systems t h a t  were used f o r  t h e  d i r ec t  and FM recorded data. The FM data  
frm the  first series of acoustic tests w e r e  reduced i n  one-third octave 
bands of frequency. 
tests were reduced i n  octave bands of frequency. 

The d i r ec t  record da ta  from the  f i n a l  acoustic 
For convenience of 
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comparison, t he  one-third octave band l eve l s  have been converted t o  
octave band levels ,  and all t he  acoustic data  i n  t h i s  report  are pre- 
sented as octave band leve ls .  

Corrections were applied t o  the  r a w  data  t o  account f o r  record and 
playback charac te r i s t ics  of t he  acquis i t ion and analysis system, f o r  
t h e  resonance of t h e  condenser microphone at  reduced ambient pressures, 
and f o r  t h e  f i n i t e  s i z e  of t h e  microphone diaphragm. 
t i o n  concerning t h e  der ivat ion and form of these corrections i s  given 
i n  Appendices B and C. 

Further infoma- 

Model Des c r i p  t i on 

I n  addition t o  the  two sidewall i n se r t s  used for s t a t i c  and f luc-  
tua t ing  pressure measurements, other items of hardware are noteworthy. 
Two-dimensional shock wave and pressure gradient generators were pro- 
vided as shown i n  Figure 10. 
t h e  tunnel and w a s  simply rotated about one of two pivot points t o  
change t h e  shock angle between Oo and 10'. 
expansion angles from Ooto 5' a l s o  with the  same arrangement using t h e  
forward pivot point.  The adverse pressure gradient generator w a s  
o r ig ina l ly  designed by t h e  method of charac te r i s t ics  t o  provide a 
change i n  Mach number of about -1.0 i n  e ight  inches along the  sidewall 
using the contour YP = 0.00551 6 located three  inches from the  w a l l .  
To eliminate choking i n  the  channel between the  contour and t h e  w a l l ,  
t he  generator w a s  moved f a r t h e r  from the  w a l l  and the  resu l t ing  change 
i n  Mach number was  then equal t o  -0.8 i n  four  inches. 
e n t i t l e d  "Measurements" f o r  other ramifications of t h i s  problem. ) 

The shock generator spanned the  height of 

It w a s  possible t o  obtain 

(See t h e  sect ion 

A number of roughness elements were fabricated f o r  investigation 
of t he  e f fec ts  of l o c a l  perturbations on tunnel sidewall boundary l aye r  
pressure f luc tua t ion  leve ls .  These a re  shown i n  Figure ll. Four 
thicknesses of two-dimensional roughness between 0.012 and 0.125 inch 
were provided and a second 0.125-inch s t r i p  w a s  rounded on the  leading 
edge f o r  comparison with t h e  square leading edge. 
i n  width. 
of 0.050 inch w a s  a l so  provided. 

A l l  were one inch 
A simulated half-scale  window (Figure 11) with a thickness 

T e s t  Procedure 

The supersonic t es t  sect ion was  used f o r  both subsonic and super- 
sonic investigations.  Clear tunnel measurements of turbulent sidewall 
boundary layer pressure f luctuat ion levels ,  s t a t i c  pressure dis t r ibu-  
t ions,  and boundary l aye r  velocity p ro f i l e s  were conducted at subsonic 
Mach numbers of 0.43, 0.59, 0.77,and 0.86 and at supersonic Mach 
numbers of 1.41, 1.80, 2.52, and 3.46. Effects of shock wave boundary 
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layer interaction, surface roughness elements, and favorable and adverse 
pressure gradients on pressure f luc tua t ion  l e v e l  w e r e  measured at  Mach 
3.46. 

All pressure f luctuat ion measurements were made with tunnel stagna- 
t i o n  pressure equal t o  reservoir  pressure. 

the  s t i l l i n g  chamber by two hydraulically operated bu t t e r f ly  valves - 
a 12-inch diameter valve normally associated with t h e  tunnel and an 
18-inch diameter valve. These valves were used as on-off valves f o r  
t he  pressure f luc tua t ion  tests. The resu l t ing  var ia t ion  i n  stagnation 
pressure during these tests varied from f 6% at Mach number 0.30 t o  * 12$ at  Mach 0.86 and * 1.5% at Mach 3.56. Tunnel Mach number w a s  
maintained constant during all runs, which normally l a s t ed  f o r  15  
seconds. The deviation i n  sound pressure l e v e l  as a result of t h e  
stagnation pressure change was  not readi ly  discernible.  !Thus, t h e  
pressure f luc tua t ion  l e v e l  is  referred t o  average dynamic pressure dur- 
ing a run. S t a t i c  pressure d is t r ibu t ions  and boundary layer  ve loc i ty  
prof i les  w e r e  measured using normal tunnel operation at  constant 
stagnation pressure. For these runs, Reynolds number was maintained 
nearly constant at  a value equal t o  t h e  average value occurring i n  t h e  
acoustic tests. Deviations i n  data introduced by t h e  s l i g h t  Reynolds 
number var ia t ion  of t h e  acoustic t e s t s  are considered t o  be of second 
order. 

S ta  nation pressure w a s  
maintained nearly constant by using a 34,000 f t  9 reservoir  connected t o  

MEASUREMENTS 

The primary da ta  obtained i n  t h i s  experimental invest igat ion i s  
the  magnitude of w a l l  pressure f luctuat ions as a function of frequency 
f o r  various types of turbulent boundary layers .  Measurements were 
l imited t o  the  frequency range 32 5 f C 88,000 cps. 
sented and discussed f o r  t he  zero pressure gradient o r  f l a t  p l a t e  
turbulent boundary l aye r  on an insulated w a l l  i n  t h e  range of free 
stream Mach numbers 0.43 S M  5 3.46 and Reynolds numbers based on mmen- 
t u m  thickness and f r e e  stream conditions i n  the  range 1 4  x 103 5 < 50 
x lo3. 
e f fec ts  of various strengths of shock and expansion waves impinging on 
the  boundary layer ,  surface roughness and favorable and adverse 
pressure gradients on t h e  magnitude of w a l l  pressure f luc tua t ion  are 
presented. 

Results are pre- 

A t  one representative supersonic Mach number, Mach 3.46, t h e  

Boundary Layer Character is t ics  

To be useful f o r  design purposes, w a l l  pressure f luctuat ions ideal-  
l y  should be re la ted  t o  suitable charac te r i s t ics  of t h e  t u r b d e n t  
boundary l aye r  which can be calculated o r  estimated by conventional 
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boundary l aye r  theory. In  the  present experiments, the  boundary l aye r  
ve loc i ty  p r o f i l e  was  measured at  a s ingle  s t a t i o n  on the  sidewall at  
all t e s t  Mach numbers. This s t a t i o n  was located four  (4) inches ahead 
of t h e  center l ine  of t he  instrumented sidewall i n s e r t  and corresponded 
t o  microphone pos i t ion  #k. (Eke Figure 7). 

Non-dimensional ve loc i ty  p ro f i l e s  a re  shown i n  Figure 12. Using 
the  data  reduction procedure presented i n  Appendix A, boundary l aye r  
t o t a l  thickness, displacement thickness, mamentun thickness, and skin 
f r i c t i o n  coef f ic ien t  have been calculated from the  measured ve loc i ty  
prof i le .  
13 as a function of f r e e  stream Mach number and are tabulated i n  
Table 1. 

These boundary l aye r  charac te r i s t ics  a re  presented i n  Figure 

For t he  zero pressure gradient cases, est$mates of boundary layer  
cha rac t e r i s t i c s  a t  s t a t ions  upstream o r  downstream of the  measurement 
s t a t i o n  may be made using the  assumption t h a t  t he  ve loc i ty  p r o f i l e  
shape parameter, H, remains constant and determining t h e  change i n  
momentum thickness from the  momentum in t eg ra l  equation ( re f .  24). 

dQ - =  
dx Cf12 

Estimated boundary l aye r  charac te r i s t ics  at  microphone posi t ion #1 
( s t a t ion  +6.625) using t h i s  procedure a r e  tabulated i n  Table 2. 

No attempts were made i n  the present study t o  measure de ta i led  
boundary l aye r  ve loc i ty  p ro f i l e s  f o r  cases where t h e  base or  c l e a r  
tunnel boundary l aye r  was  disturbed by shock impingement, favorable o r  
adverse pressure gradients, and surface roughness. Instead, the  
pressure f luc tua t ion  measurements f o r  these cases have been referred 
t o  the  boundary l aye r  cha rac t e r i s t i c s  i n  the  undisturbed flow ahead of 
the  shock o r  roughness element. 

Mach Number Effect  

Mach number and s t a t i c  pressure d is t r ibu t ions  along the  instrument- 
ed sidewall i n s e r t  are presented i n  Figure 1 4  (A-H) while w a l l  pressure 
f luc tua t ion  l eve l s  as a function of frequency a r e  presented i n  Figures 
15 t o  21 inclusive.  
phenomena. A t  each Mach number there  a r e  a group of da ta  points which 
define a s t r a igh t  l i n e  with a r i s e  of th ree  decibels (3db) per octave, 
indicat ing a constant spectrum above a ce r t a in  frequency, up t o  the  
highest  measured (88kcps). A t  Mach numbers M = 0.43, 2.52, and 3.46, 
all microphones indicate  t h i s  constant spectrum cha rac t e r i s t i c  irrespec- 
t i v e  of microphone posi t ion along the  p la te .  

The study of these da ta  indicates  t h ree  separate 
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The f la t  spectrum holds f o r  a l l  frequency bands measured except 
f o r  those below 1000 cps a t  Mach 0.43, where a relative m v i "  i s  
evident at  about t h e  100 cps band. This same re l a t ive  m a x i "  appears 
at Mach numbers M = 0.59, 0.86, 1.41, and 1.80. 
M = 0.59, 0.86, and 1.41, and 1.80, a second group of data points 
indicate  a pressure f luc tua t ion  l e v e l  w e l l  above t h a t  corresponding 
t o  a f la t  spectrum f o r  frequencies between t h e  250-cps octave band and 
t h e  8000-cps band. 
ever, at these Mach numbers, the spectrum i s  again f l a t  at  frequencies 
above 10 k cps. 

Also at  Mach numbers 

These points  are most prominent at Mach 1.41. How- 

For later convenience, these observed phenomena are summarized 
as follows: 

Phenomenon 

Phenomenon "b" - elevated f luctuat ion l eve l s  between .25 and 

Phenomenon "c" - r e l a t i v e  m a x i "  below 0.25 kcps 

"a" - l i n e a r  slope with 3 db rise pe r  octave 

8.0 kcps 

The data presented i n  Figures 15  through 21 w e r e  obtained during 
three  separate s e r i e s  of tests i n  November, 1962 and January and March, 
1963. 
noted above. 
dll. th ree  phenamena were measured whereas a t  other Mach numbers 
phenomenon "a" predominated. 
November, microphone pos i t ion  #1 showed phenomenon "a" and microphone 
posi t ion #5 showed phenomenon "b". I n  t he  March tests at Mach 1.41, 
microphone posi t ion #1 showed phenomenon "b" and microphone posi t ion 
#5 showed phenomenon "a". 
tes t  series with results found t o  be repeatable within 1 db as shown 
i n  Figure 18. 
given microphone loca t ion  during a s ingle  series of runs w a s  ever 
observed. 
t h i s  time. It should be pointed out t h a t  they are not i n  conf l i c t  with 
t h e  work of other  investigators,  however, since they occur i n  a 
frequency range below t h a t  generally investigated and where avai lable  
data has been considered uncertain. Same speculations regarding t h e i r  
or igin are presented i n  nDiscussion'l. 

I n  each tes t  series, measurements w e r e  made at  all Mach numbers 

Thus at Mach 1.41 f o r  tests conducted i n  

I n  each ser ies ,  at  Mach numbers between 0.59 and 1.80, 

The above measurements were repeated i n  each 

Thus, no interchange of phenomena "a1' and "b" at  any 

N o  explanation f o r  phenomena "b" and "c" may be offered at  

A t  Mach 3.46, t h e  data of Figure 21 c l ea r ly  indicate  a f la t  spec- 
trum over t h e  e n t i r e  frequency range f o r  which measurements were made. 
The s c a t t e r  i n  pressure f luc tua t ion  l eve l  as measured at s i x  d i f f e ren t  
microphone posi t ions (including #ll which is  located 4 inches below 
t h e  sildewall center l ine)  and several  repeat runs i s  on the  order of 
f 3 db at any given frequency. 
with t h e  change i n  boundary layer  charac te r i s t ics  resu l t ing  from the  

Some of t h i s  s c a t t e r  m a y  be associated 
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change i n  Reynolds number corresponding t o  t h e  various microphone 
locations.  

Effects  of Shock Wave Impingement 

Based on the  work of Ribner ( ref .  27) it is expected t h a t  impinge- 
ment of a shock wave on the  turbulent boundary l aye r  should br ing about 
a marked increase i n  the  surface pressure f luc tua t ion  l eve l  which i s  
due t o  t h e  in te rac t ion  of v o r t i c i t y  and entropy spot t iness  with the  
shock wave. I n  order t o  determine whether such increases do occur, 
several  shock waves with flow deflect ion angles, p ,  between Oo and 10' 
were impinged on t h e  s idewal l  boundary l aye r  at  M = 3.46. Detailed 
pressure d is t r ibu t ions  i n  the  region of shock boundary layer  in te rac t ion  
exhibit t h e  w e l l  known (refs. 28 and 29) steep, unbroken w a l l  pressure 
gradient over a distance of 26 f o r  weak shock angles ( B 5 2.50); and 
t h e  occurrence of a pressure "plateau" f o r  @ = 5 O  which increases i n  
extent f o r  B = 7.50 t o  indicate  incipient  separation. 
t he  shock s t rength was so l a rge  t h a t  t h e  channel between the  generator 
and t h e  sidewall was probably choked as the  result of t h e  strong shock 
and t h e  reduced area r a t i o  between the  base of t he  generator and i ts  
leading edge. 
various shock angles are presented i n  Figure 22. 
indicate  t h a t  i n  t h i s  configuration there  w a s  ac tua l ly  a weak shock of 
1 / 2 O  der lect ion angle impinging on t h e  sidewall boundary layer .  

A t  B = loo, 

Qualitative w a l l  s t a t i c  pressure d is t r ibu t ions  f o r  
The data f o r  b =  Oo 

The e f f ec t s  of shock angle on t h e  f luc tua t ing  pressure l e v e l  
spectra  at several  microphone locations are shown i n  Figures 23 through 
25. The shock generator reference angle p w a s  set at 00, 5.0°, and 
7.5'. 
shock and t h e  region of expansion i s  given schematically i n  the  upper 
left-hand corner along with t h e  microphone locations.  In  all th ree  cases 
t h e  spectrum measured a t  microphone posi t ion #1 i s  t h e  same as f o r  a 
clear tunnel. However, t he  data indicate  t h a t  t h e  e f f ec t  downstream 
of the  shock i s  qui te  pronounced. 

For convenience t h e  theore t ica l  point  of impingement of t h e  

Figure 23 presents t h e  acoustic data f o r  a shock generator angle 
of 0'. 
i s  indicated by t h e  spread of t he  data  points  at frequencies below 10 
kcps. Presumably t h i s  is  due t o  the  presence of t h e  w e a k  shock wave, 
( approximately 0.5 O) . 

The presence of phenmenon "b" i n  addi t ion t o  phenomenon rrarr 

I n  Figure 24 a re  shown the results of runs conducted i n  January 
I n  both cases the  and i n  March f o r  a shock generator angle of 5.0°. 

pressure f luctuat ion leve ls  are great ly  increased downstream of t he  
point of shock impingement, but  t he  data are not as repeatable as 
might be desired. 
t he  shock generator angle i n  the  two runs. 

This result may be due t o  a slight var ia t ion  i n  
I n  one tes t  t he  l eve l s  i n  
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t h e  area of microphone posi t ion #3, #, and #s w e r e  raised above t h e  
c l ea r  tunnel levels by 15  db, while i n  the  other t es t  the  l eve l s  i n  t h i s  
region w e r e  ra ised 10 db. 
t i o n  #a w e r e  lower than those' at posit ions #3, #4, and #s but  higher 
than those at microphone posi t ion #l which gives c l ea r  tunnel leve ls .  

In  both cases t h e  l eve l s  at  microphone posi- 

In  Figure 25 are shown t h e  r e su l t s  of runs conducted i n  January 
and i n  March f o r  a shock angle of 7.5O.  
as f o r  t he  5 O  shock angle case except t h a t  t h e  l eve l s  i n  t h e  v i c i n i t y  
of microphone posi t ions #3, #4, and #s were raised about 24 db above 
clear-tunnel leve ls .  

The results are much t h e  same 

The microphone at  posi t ion #4 w a s  always downstream of the  shock 
wave and as shown above, t he  l eve l s  measured there  were similar t o  t h e  
l eve l s  measured at  microphone posi t ions #3 and #s. W e  m a y  infer from 
t h i s  t h a t  t h e  pres&sre f luc tua t ion  l eve l s  downstream of the  shock are 
not strongly dependent upon dis tance from t h e  shock i n  t h e  region of 
t h e  steep pressure rise, but  are strongly dependent upon the  shock 
s t rength as shown i n  Figure 26 where t h e  pressure f luc tua t ion  l eve l s  
measured at  microphone posi t ion #h have been p lo t ted  f o r  several  angles 
B of t h e  shock generator. Clear-tunnel measurements have a l s o  been 
included f o r  comparison. 
t he  tunnel was  probably choked, as noted above) t o  allow comparison of 
l eve l s  i n  both separated and unseparated flows. 

The da ta  f o r  f l  = l o o  are shown (although 

Effect of Pressure Gradients 

The e f f ec t s  of pressure gradient on w a l l  pressure f luc tua t ion  w e r e  
studied b r i e f l y  at  Mach 3.46. 
obtained by simply ro ta t ing  t h e  shock generator u n t i l  an expansion took 
place. The s t a t i c  pressure and Mach number d is t r ibu t ions  are shown i n  
Figure 27. 
surface i n  an attempt t o  obtain a constant gradient a t  t he  w a l l .  As 
shown i n  Figure 28, t he  gradient w a s  much steeper and w a s  located 
fur ther  downstream than desired. 

Favorable pressure gradients were 

The adverse gradient w a s  obtained by designing a curved 

The acoustic spectra  f o r  t h e  favorable gradients are shown i n  
Figure 29 and 30 while Figure 31 is  a favorable gradient summary at 
microphone posi t ion&. The da ta  i n  Figure 31 f o r  U = 0 are iden t i ca l  
with the  data i n  Figure 23 f o r  B =  0 and d i f fe r  from the  c l ea r  tunnel 
data a t  t h e  same microphone posi t ions because of t h e  presence of a m i l d  
shock f o r  Figure 30 f o r  U = 5 O  reveals a curious corre- 
spondence when compared with Figure 24, t he  spectra  f o r  B= 5'. 
Although microphone #1 (Figure 30) i s  located a t  the  beginning of t h e  
influence region of t he  expansion, i t s  data are almost i den t i ca l  t o  
t h e  data f o r  p =  5O, which i n  tu rn  r e f l ec t  t h e  clear-tunnel l eve l s  
shown i n  Figure 21. 

= U = 0. 

Data from microphones #3, #4, and #5 are nearly 



t he  same f o r  both Y = 5 O  and /3 = 5O,  pa r t i cu la r ly  at  the  higher fre- 
quencies. 
t ions,  although these do not generally exceed 3.5 - 4.0 db. 
microphone #8 are t h e  only ones t o  indicate  a difference.  
of /3 = 5' microphone #8 is  at the  beginning of t h e  expansion region 
from the  end of t he  wedge (Figure 22) and t h e  acoustic l eve l s  are 
some 4-5 db lower than t h e  average f o r  microphones #3, #4, and #s but 
are s t i l l  much higher than f o r  clear-tunnel. For the  expansion case, 

condition i n  the  e n t i r e  investigation t h a t  has produced values below 
the  basic  clear-tunnel levels .  

I n  the  frequency range 0.125-4.0 kcps there  a re  some devia- 
Data at 

For t h e  case 

V = 5O, t he  da ta  show lower than clear-tunnel leve ls ,  t he  only 

The acoustic spectra  f o r  the  adverse.pressure gradient are shown 
As can be seen from Figure 28, microphones #1, #3, #4, i n  Figure 32. 

and #s were essent ia l ly  at clear-tunnel conditions and only microphone 
#8 was i n  a disturbed region. Strangely, t he  pressure f luctuat ions a t  
microphone #8 (Figure 32) d i f f e r  very l i t t l e  from clear-tunnel l eve l s  
despi te  t h e  f a c t  t h a t  t he  microphone is  located a t  the  very peak 
pressure. 
locat ion t h e  adverse gradient meets a favorable gradient resu l t ing  f ron  
the  expansion at t h e  base of t he  generator. Clearly, additional inves- 
t i ga t ing  of t h e  e f f ec t s  of adverse pressure gradients i s  required. 

This result may be due t o  t h e  f a c t  t h a t  precisely at  t h a t  

Effects of Surface Roughness 

I n  describing t h e  aerodynamic e f fec ts  which are due t o  the  two- 
dimensional roughness elements tes ted  i n  t h i s  investigation, it can be 
s t a t ed  t h a t  conditions upstream are  analagousto those with a forward- 
facing step. Conversely, conditions downstream are those f o r  a rear- 
ward-facing step.  Considerable background m a t e r i a l  ex i s t s  concerning 
t h e  f l u i d  mechanic e f f ec t s  of s teps  (refs. 30-34) although most invest i -  
gators have reported on flows over s teps  t h a t  are la rge  compared t o  the  
boundary l aye r  thickness. In  the  case described herein, t he  s teps  
range i n  height from O.Olr(S t o  0.178 at M = 3.46 (nominal). 
(a) presents t h e  pressure and Mach number d is t r ibu t ions  f o r  the  four 
roughness thicknesses investigated and Figure 33 (b)  compares the  
d is t r ibu t ions  f o r  a 0.125-inch s t r i p  with blunt or rounded leading 
edges. While t h e  pressure o r i f i ce s  were not su f f i c i en t ly  dense t o  
describe t h e  flow i n  de ta i l ,  t he  measurements show t h e  approximate 
pressure l eve l s  and gradients at  t h e  various microphone locations.  It 
can be seen t h a t  there  is l i t t l e  difference between the  upstream ef fec ts  
f o r  t he  two smallest  s t r i p s  but i n  t h e  region immediately downstream 
t h e  differences f o r  all four  s t r i p s  are distinguishable.  

Figure 33 

Although the  s t a t i c  pressures a t  microphone posi t ions #1 and #3 
show an e f f ec t  of roughness f o r  all thicknesses, no appreciable e f f ec t  
on loca l  pressure f luctuat ions w a s  observed (Figure 34) up t o  t = 0.025". 
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A l a rge  effect w a s  noted f o r  t h e  0.050-inch roughness as i s  shown i n  
Figure 35. 
clear-tunnel l eve l s  and the  upstream l eve l s  (at  microphone #1) are 
increased up t o  20 db below the  16 kcps octave band. 
upstream l eve l s  exhibi t  t he  behavior of clear-tunnel phenomenon "b" . 

The downstream l eve l s  a re  a l l  raised roughly 6 db above 

In addition, the  

The l eve l s  were increased s t i l l  fu r the r  with a 0.125-inch rough- 
ness, Figure 36. The pressure f luctuat ion l eve l s  at  microphone posi t ions 
#4 and #8 a re  up 10 db above clear-tunnel levels .  The leve ls  at  micro- 
phones #1 and #5 are similar t o  each other and show the  phenomenon "b" 
behavior, indicat ing as much as 20 db above clear-tunnel l eve l s  i n  t h e  
lower frequency range. 

Figures37 and 38 summarize t h e  e f f ec t s  just upstream (microphone 
#1) and downstream (microphone #3) of t h e  roughness and compare them 
t o  the  clear-tunnel levels. 
have been estimated from the  data  of microphone #l. 

For microphone #3, clear-tunnel l eve l s  

"he e f f ec t  of rounding the  leading edge of t h e  0.125-inch s t r i p  
w a s  not conclusive (Figures 37 and 38), although t h e  l eve l s  upstream 
appear t o  be s l i g h t l y  lower than f o r  t h e  blunt s t r i p .  

Figures 39 and 40 present s t a t i c  pressure and f luctuat ing pressure 
data, respectively, f o r  a simulated half-scale  window at M 3.46. The 
spacing of pressure o r i f i ce s  i s  l imited but  microphones #1, #7, and #8 
a re  seen t o  be i n  r e l a t ive ly  undisturbed regions. 
(not shown), might be considered t o  be influenced by the  simulated 
window, being about 1-1/2 inches below it and nearly 2 inches behind 
the  leading edge. The f luc tua t ing  pressures (Figure 40) at microphone 
#1 are  indeed unaffected but microphones #7 and #8 give l eve l s  5-6 db 
above clear-tunnel leve ls .  
phenomenon "b" e f f ec t s  a t  frequencies of 2 kcps and lower. 

Microphone #11 

Microphone #11 once again exhibi ts  t he  

DISCUSSION 

It i s  of i n t e r e s t  t o  compare the  present results with previous 
measurements of w a l l  pressure f luctuat ions.  Perhaps the  most complete 
measurements are those of Willmarth (ref. 38) at subsonic speeds. H i s  
results a t  speeds of 206 ft /sec show a spectrum which i s  almost f l a t  t o  

f6*/um = 0.5 and a measured overall f luc tua t ion  l e v e l  o f e / r 0  = 2.2 

compared t o  h i s  previous measurements o f m / T 0  = 2.3 t o  2.5 ( re f .  ll). 
When corrections t o  Willmarth's measurements are made f o r  transducer 
s i ze  i n  accordance 
overal l  values are&To-= 3.5. In  order t o  compare these results 
with our measurements, it 1s necessary t o  determine t h e  contribution 
t o  the  overal l  l e v e l  of f luctuat ions contained i n  t h e  frequency range 

i t h  Corcos' technique (ref. 25), t h e  resu l t ing  
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up t o  f6*/u, = 0.45, t he  range of frequency covered by our measurements 
at  M = 0.43. If t h i s  contribution is  defined as a truncated mean square 

pressure, the resu l t ing  valve from ref. 38 i s  e rz = 1.9, when 
transducer s i z e  corrections are included. Our measured spectrum at  
M = .43, shown i n  Figure 15, has been integrated over t h e  frequency 

range 0 5 f 5 44 kcps, yielding @d r0 = 2.8 and 4 q = 7.5 x loe3. 
Thus reasonable agreement with Willmarth's subsonic measurement i s  
exhibited. 

c? 
A t  supersonic speeds, t he  only detailed measurements of spectra  

which have been reported t o  date are those of K i s t l e r  and Chen ( re f .  14) .  
They showed t h a t  t h e i r  spectra  could be brought i n to  coincidence, 
independent of Mach number i n  t h e  range between M = 1.33 and M = 5, by 
use of frequency i n  t h e  non-dimensional form, fQ/um.  
showed tha t  t h e i r  measured values of overa l l  f luc tua t ion  l eve l  were 
almost independent of Mach number above M = 2 . 
t h e i r  measurements, they found 

Likewise they 

Thus according t o  

where t h e  value of t h e  in tegra l  i s  approximately 25. Hence, 

5 
G- 
- =  
rO 

( 3 )  

Equation (4) exhibi ts  the dependence of the  root-mean-square 
pressure f luc tua t ion  on skin f r i c t i o n  coeff ic ient ,  s t a t i c  pressure and 
Mach number, when contributions from all portions of the  spectrum are 
present. Thus, t h e  measurements of K i s t l e r  and Chen indicate  t h a t  t he  

quantit&?/ 7 increases from about 3 at subsonic speeds t o  about 5 
at supersonic speeds. 

0 

A d i r ec t  comparison of t h e  present data with t h e  measurements of 

The transducer s i ze  correction 
Willmarth and Kistler and Chen i s  shown i n  Figure 44. 
ment is  erhibited at subsonic speeds. 
contained i n  our data accounts f o r  t he  deviation from Willmarth's curve 
at  the  higher frequencies s ince t h i s  correct ion is  not included i n  h i s  
data. Our data falls below the  previous supersonic measurements. 

Reasonable agree- 
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However, t he  numerous transducers and test se r i e s  represented by t h e  
current measurements and t h e  knowledge t h a t  they are free from vibrat ion 
e f fec ts  lends credence t o  t h e  present results. 

For some applications t h e  contributions t o c 2  from l imited fre- 
quency in te rva ls  of t h e  spectrum m a y  be of i n t e re s t  e.g. i n  a measure- 
ment i n  which there  is  a frequency cut-off, fc,  imposed by instrumenta- 
t i o n  l imitat ions.  Similarly, t he  response of a s t ruc ture  may be negli- 
gible  beyond some cut-off frequency, f c .  I n  such cases, we define a 
truncated mean square pressure, 

For measurements, f c  i schosenso  t h a t  t he  portion of t h e  spectrum 
from 0 t o  & is  prac t ica l ly  f la t ,  as indicated by the  spectra  shown i n  
Figures 15  t o  21. Then, 

where F i s  the  value of t he  spec t ra l  function i n  the  f la t  portion. 
Since 0 

u,= am M, (7) 

Equation (6) y ie lds  

Based on the  present measurements, t h e  value of t h e  constant K has been 
determined t o  be approximately 

K = 3.6 ( 9 )  

as shown i n  Figure 43. 
ed by integrat ing the  spectra  of Figures 15-21. 
integration, phenomena "b" and "c" have been neglected s ince phenomena 
"all predominates i n  all cases at  frequencies above 10 kcps. Since both 
t h e  subsonic and supersonic data of t h e  present study can be correlated 
with a s ingle  va lue  of K, our results tend t o  indicate  a relat ionship 
between w a l l  pressure f luctuat ion l e v e l  and skin f r i c t i o n  which is  
independent of Mach nmber. Of course, our measurements are l imited 
t o  f - 88 kcps s o  t h a t  s ign i f icant  contributions t o  overal l  f luc tua t ion  
l e v e l  may ex i s t  at higher frequencies which could a l te r  t h i s  conclusion. 

The data points  shown i n  Figure 43 w e r e  obtain- 
I n  performing t h i s  
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A t  Mach 3.46, t h e  influence of various types of disturbances t o  
t h e  boundary layer  on t h e  magnitude of w a l l  pressure f luctuat ion leve l  
are summarized i n  Table 3. As indicated therein,  shock waves impinging 
on t h e  boundary layer  produce increases i n  pressure f luc tua t ion  leve ls  
as grea t  as twenty (20) times the  undisturbed case. Within t h e  
limited frequency range of t he  measurements, the  spectra  again are f lat ,  

as shown i n  Figure 26. The values of 
impingement w e r e  obtained by t h e  integrat ion of these spectra. 

6; shown i n  Table 3 f o r  shock 

Favorable gradients were generated by a Prandtl-Meyer expansion of 
Y =  2.5O and U= 5'. In  one case ( U =  2.5O), t h i s  favorable gradient 
had l i t t l e  influence on magnitude of w a l l  -pressure f luc tua t ion  level ,  
whereas, i n  t he  other case ( V = 5 O )  it increased the  l e v e l  by a f ac to r  
of f i v e  above t h e  undisturbed case. The increase i n  loca l  skin f r i c -  
t i o n  accompanying the  favorable pressure gradient w a s  not determined. 

The adverse gradient of .96 ps i / i n  produced no measurable change 
i n  the  magnitude of w a l l  pressure f luctuat ion level .  In  these tests; 
however, t h e  microphone locat ions with respect t o  t h e  pressure d i s t r i -  
butions w e r e  not optimal. Hence, t he  e f f ec t s  of favorable and adverse 
pressure gradient at  Mach 3.46 from t h e  present study must be consider- 
ed inconclusive. 

The influence of two-dimensional, square-edge, roughness elements 
on w a l l  pressure f luctuat ions are found t o  be appreciable as shown i n  
Table 3. These elements increase t h e  l e v e l  of pressure f luctuat ions 
a t  a locat ion ahead of t h e  elements (element downstream) by a f ac to r  of 
six compared with t h e  undisturbed case. This is  shown by t h e  measure- 
ments presented i n  Figure 37 f o r  cases where t h e  element is  l a rge  
enough i n  height t o  ensure t h a t  t h e  normal shock ahead of t h e  element 
i s  upstream of t h e  f ixed microphone posi t ion #1 (t 2 0.05"). 
t h e  l e v e l  downstream of the  element is  increased by as much as a 
f ac to r  of f i v e  above clear-tunnel values. 

Likewise, 

I n  addition t o  the  change i n  f luc tua t ion  level ,  t he  roughness e le-  
merits modify the  spectrum of t h e  pressure s o  as t o  increase the  fluctua- 
t i o n  l e v e l  a t  intermediate frequencies. Thus it may be speculated t h a t  
t he  appearance of increased l eve l s  i n  t h e  m i d d l e  frequency range f o r  
t h e  undisturbed boundary layer,  as shown i n  Figure 18 f o r  Mach 1.41, 
m a y  be the  manifestation of a r e l a t ive ly  small l o c a l  flow disturbance 
a r i s ing  frm some change i n  tunnel configuration between the  three  
t es t  series. The increase i n  l eve l s  over t h e  e n t i r e  frequency range 
measured, shown i n  Figures 24 and 25 f o r  shock angles B= 50 and 7.50 

I 
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and i n  Figure 30 f o r  y = 5O, may be the  manifestation of a r e l a t ive ly  
l a r g e r  flow disturbance. 
ance may give rise t o  l e v e l  increases over a broader frequency range, 
and these appear as uniform l e v e l  increases i n  the  present measurements. 

I n  these l a t t e r  cases, t h e  l a r g e r  flow disturb- 

I n  terms of conditions which may be encountered i n  f l i g h t  at Mach 
3.5 at  60,000 f t .  a l t i tude ,  t h e  results of t h i s  study indicate  t h a t  
t h i n  turbulent boundary layers on insulated surfaces ( R e  = 5O,OOO, cf. 

= 0.OOll) will generate pressure f luctuat ion l eve l s  of magnitude 4 T ,015 lbs/in2 i n  the frequency range f 5 88 kcps. 
neighborhood of surface roughness elements o r  impinging shock waves, 

t he  pressure f luc tua t ion  l eve l s  increase t o  
1bs/in2 respectively. 

p- - 
However, i n  t h e  

N 

-0.10 and &$ N 0.20 T -  

CONCLUDING FEMAlKS 

Results of t he  present experimental invest igat ion of turbulent 
boundary layer w a l l  pressure f luctuat ions lead t o  t h e  following 
conclusions : 

1. 

2. 

3. 

4. 

5. 

The modification of the blowdown wind tunnel, enabling operation 
with stagnation pressure equal t o  reservoir  pressure, produced a 
f a c i l i t y  which has sa t i s fac tory  charac te r i s t ics  (low background 
noise 1eve l ) to  enable boundary layer  noise t o  be measured over t h e  
Mach range 0.4 5 M 5 3.5 i n  a s ingle  experimental arrangement. 

Measurements under t h e  zero-pressure gradient boundary l aye r  are 
i n  agreement with other results at subsonic speeds and indicate  a 
pressure spectrum which is  f la t  t o  values of non-dimensiondl 

frequency f6*/u,= 0.45 and a truncated f luc tua t ion  l e v e l  of e / T o  -2.8 f o r  f 5 44 kcps. 

Zero-pressure gradient results at  supersonic speeds show pressure 
spectra  which are f la t  t o  fO/umz  .15 and truncated 

f luctuat ion l eve l s  of 
frequency range t o  vehicle s t ruc ture  can respond. 

t o  1.7 f o r  f 5 88 kcps, a 

Measurements of t he  influence of favorable and adverse pressure 
gradients on w a l l  pressure f luctuat ion l eve l s  at Mach 3.46 are in- 
clusive.  

A t  Mach 3.46, impingement of shock waves on t h e  turbulent  boundary 
l aye r  can increase t h e  pressure f luctuat ion l e v e l  by a f ac to r  of 
twenty (20) above t h e  undisturbed case. 



6. At Mach 3.46, two-dimensional, square-edge roughness elements 
increase pressure fluctuation levels by a factor of five or six 
above the undisturbed boundary layer levels. 



APPENDIX A - BOUNDARY L m R  DATA REDUCTION PROCEDURES 

The charac te r i s t ics  of t h e  turbulent boundary layer  on t h e  sidewall 
were determined by measurement of t h e  t o t a l  pressure p ro f i l e  and t h e  
l o c a l  w a l l  s t a t i c  pressure. Velocity ra t io ,  u/u , w a s  calculated from 
these measurements using the  Rayleigh p i t o t  formula. The Crocco rela- 
t ionship between ve loc i ty  and temperature was  used t o  define a mean 
temperature prof i le .  Since measurements of w a l l  temperature showed 
t h a t  t h e  mean w a l l  temperature during a 10-15 second r u n  w a s  equal t o  
stagnation temperature, t h i s  re la t ionship is simplified to:  

e 

Using t h e  normal boundary l aye r  assumptions 
gas equation of state, t h e  following expression f o r  density p r o f i l e  is  
obtained : 

T, 

p = p (x) and t h e  perfect  

From the  veloci ty  and density prof i les ,  t he  turbulent boundary layer 
thickness, displacement thickness, and momentum thickness were evaluated 
by use of t h e  following equations: 

y = 6 when u/ue = .% (A31 

Values of skin f r i c t i o n  coef f ic ien t  w e r e  determined by use of 
Eckert 's  reference enthalpy method (ref. 36) which relates t h e  
cmpress ib le  flow skin f r i c t i o n  coef f ic ien t  t o  t h e  incompressible 
coef f ic ien t  by t h e  equation 
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where t h e  incompressible coeff ic ient  i s  given by Falkner (ref. 37) 

- =  Cfi 0.006534 

In  the  above, 

. .  
T W T W  p'=- = 
T' T ~ +  %+ .22 r M, T, 2 

2 
pm 

and 

T ,  + 200 

(G) T' + 200 
But T' 3/2 - =  

P W  

The turbulent recovery f ac to r  i s  

r = (P r ' )  1 /3  

Values of 6, 6*, 8, c f ,  c and ro based on t h e  above re la t ions  a re  f i  
tabulated i n  Table 1 f o r  each Mach number. A l l  measurements of veloci ty  
p ro f i l e s  were l imited t o  clear-tunnel configurations a t  a s t a t ion  
inches upstream of the  s idewal l  center  l i n e ,  i.e., no measurements were 
attempted downstream of roughness elements o r  shock boundary in te rac t ion  
regions. 

4 
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APPENDIX B 

INFORMATION ON ACOUSTIC INSTRUMENTATION AND PROCEDURES 

The acoustic transducer used t o  measure boundary layer pressure 
f luctuat ions w a s  the  B r u e l  and Kjaer Model 4136 condenser microphone. 
With the  protect ive gr id  removed, t h e  microphone can be mounted i n  a 
f la t  p l a t e  with t h e  outer surface of t h e  diaphragm f lush  with t h e  p l a t e  
surface. 

The microphones were in s t a l l ed  u t i l i z i n g  compressed O-rings t o  
hold them i n  place and a l s o  t o  provide an adequate seal. Using an 
opaque t h i n  s t r a igh t  edge i n  conjunction with a concentrated l i g h t  
source, it w a s  possible t o  a l ign  the  surface of t he  diaphragm with t h e  
surface of t he  p l a t e  t o  within 2 0.0005 inch. 

A s m a l l  annular gap exis ted between the  edge of t h e  diaphragm and 
t h e  p la te .  I n  t h e  earlier wind tunnel runs, lacquer w a s  used as a 
f i l l e r  t o  provide a completely smooth surface frm t h e  edge of t h e  
p l a t e  mounting hole t o  the  diaphragm. Ident ica l  wind tunnel runs 
were made with and without t h e  gap f i l l ed  with lacquer. 
noise spectra  measured without t h e  lacquer were indistinguishable 
from those measured with the  lacquer, the  use of lacquer w a s  discarded 
i n  the  la ter  wind tunnel runs. 

Because the  

In  t h e  microphone ins ta l la t ion ,  provision w a s  made f o r  s t a t i c  
pressure equalization between the  f ron t  and the  back of t h e  microphone 
diaphragm by m e a n s  of a s m a l l  a ir  passage. 
be maintained across t h e  diaphragm, it w a s  necessary t o  seal carefu l ly  
all possible leaks t o  t h e  outside of t he  wind tunnel. After some of 
t h e  e a r l i e r  wind tunnel runs, it w a s  discovered t h a t  some of these 
sea ls  may not have been a i r t i g h t ,  thereby leading t o  a s t a t i c  pressure 
d i f f e r e n t i a l  across the  diaphragm and a consequent reduction i n  
microphone sens i t i v i ty .  Data affected by the  apparent lack  of pressure 
equalization a re  considered suspect and are  not presented i n  t h i s  
report .  

In  order t h a t  equilibrium 

A special  low-noise cable adapter developed by Bolt Beranek and 
Newman, Inc. w a s  used t o  connect t he  microphone output t o  t h e  input of 
a su i tab le  cathode follower. The cable adapter serves as a mechanical 
i s o l a t o r  between t h e  microphone and the  cathode follower. When t h e  
microphone is  subjected t o  1 g xms, t he  equivalent sound pressure l e v e l  
at  the  cathode follower output i s  85 db re 0.0002 microbar. 
son, t h e  use of a standard r ig id  adapter can exhibi t  an equivalent 
sound pressure l e v e l  as high as 145 db under similar conditions. 
special  adapter introduces an overal l  loss i n  s e n s i t i v i t y  which is  3 db 

By compari- 

The 
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grea ter  than t h e  standard r i g i d  adapter. 
with the  special  adapter is  -83 db r e  1 volt/microbar measured at  the  
cathode follower output. 

The microphone sens i t i v i ty  

During several  of t he  tests, the  s ignal  from a cal ibrated accel- 
erometer fastened d i r ec t ly  t o  t h e  test p l a t e  (see figure 7) was  
recorded, t o  permit calculat ion of t h e  vibration-induced s ignal  of t he  
acoustic transducer. Acceleration measurements at a Mach number of 
0.86 indicated t h a t  t he  equivalent sound pressure l e v e l  resu l t ing  from 
microphone vibrat ion sens i t i v i ty  was a maximum of 65 db, i n  the  octave 
band centered at  500 cps. A review of t h e  acoustic and vibrat ion data 
indicated a minimal signal-to-noise r a t i o  of 45 db was due t o  vibrat ion 
sens i t iv i ty .  
instrumented i n s e r t  from t h e  remainder of t h e  tunnel. 

Thus there  was  no need f o r  vibrat ion i so la t ion  of t h e  

For l i n e a r  reproduction of s ignal  voltages i n  the  desired ampli- 
tude and frequency range, t he  t o t a l  load i m  edance seen by the  cathode 
follower output must be grea te r  than 5 x 10 ohms. For t h i s  reason, 
cables u t i l i z e d  i n  t h i s  pa r t  of t he  system were kept under a maximum 
length of 10 feet. 

t 

The microphones were acoust ical ly  ca l ibra ted  by means of a B r u e l  
and Kjaer Model 4220 pistonphone used i n  conjunction with a BBN acoustic 
coupler. This combination provided a reference sound pressure l eve l  
of 128 db, accurate t o  f 0.2 db, at  250 cps. 
noted and recorded on tape at  periodic in te rva ls  throughout t he  se r i e s  
of noise measurements. 

Calibration l eve l s  were 

As mentioned i n  the  body of t h i s  report, during t h e  f i rs t  series 
of tests the  data s ignals  were recorded i n  t h e  wide band FM mode of a 
Precision Instruments tape recorder using a 54 kcps c a r r i e r  frequency, 

During the  f i n a l  
series of tests, t he  s ignals  were d i r e c t  recorded on a Mincom tape 
recorder at  60 in/sec tape speed. 

40% record bandedge, and 60 in/sec tape speed. 

System record and playback corrections were determined by record- 

"his process w a s  of particu- 
ing sinusoidal s ignals  on the  data channels and playing these signals 
back through t h e  data processing system. 
l a r  importance i n  t h e  reduction of the  d i r e c t  record data s ince i n  t h i s  
case the  tape recorder playback amplifier with i t s  playback head 
compensating network was  circumvented t o  reduce e l e c t r i c a l  noise. 
the  graphic l eve l  recorder, used as a read-out device f o r  t he  first 
se r i e s  of data, does not give a true rms output f o r  a random noise 
input. The l eve l  recorder was  sui tably ca l ibra ted  t o  generate an 
appropriate correction t o  adjust  t he  readings t o  t r u e  ms values. 
Typical values of t he  system corrections are given i n  Tablek .  

Also, 
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A sample of t h e  system noise f l o o r  w a s  a l s o  recorded, analyzed, 
and compared with t h e  data. N o  data  t h a t  are l imited by the  system 
noise f l o o r  have been presented i n  t h i s  report .  A t  reduced ambient 
pressures, t he  Bruel and Kjaer Model 4136 condenser microphone exhibi ts  
a resonance around 48 kcps. 
phones were exposed t o  s t a t i c  pressures Over t h e  range of 0.5 t o  18 
lbs/ in2 absolute. 
phone over t h i s  range of pressures, and apply a correction f o r  t he  
changes i n  microphone sens i t iv i ty .  The pressure s e n s i t i v i t y  of t he  
condenser microphones was  obtained by t h e  use of a B r u e l  and K j a r  Model 
4142 e l ec t ros t a t i c  dr iver .  The microphone and dr iver  were placed i n  a 
sealed chamber, and t h e  microphone w a s  cal ibrated over a range of 
s t a t i c  pressure from 0.1 p s i a  t o  20 psia .  
used t o  obtain t h e  frequency response from 0.1 kcps t o  100 kcps, and 
a constant-spectrum-level random noise s ignal  was  used t o  obtain t h e  
frequency response i n  t h e  th ree  octave bands centered at  16, 31.5, and 
63 kcps. 
exci ta t ion i s  given i n  Figure 41, and a typica l  set of corrections f o r  
one microphone is  given i n  Table 4. 

During the  wind tunnel tests the  micro- 

It w a s  necessary, therefore, t o  ca l ib ra t e  t h e  micro- 

A sinusoidal s ignal  w a s  

A typ ica l  set of response curves generated with the  sinusoidal 

The acoustic data  were a l so  corrected f o r  t h e  f i n i t e  s i ze  of t he  
microphone diaphragm. Like the  pressure sens i t i v i ty  correction 
mentioned above, t he  f i n i t e  s i z e  correction w a s  of importance only i n  
the  octave bands above 8 kcps. 
f o r  a par t icu lar  Mach number i s  a l s o  given i n  Table 4. 

A s e t  of t he  f i n i t e  s i z e  corrections 

The f i n i t e  s i z e  correction is based on the  work of Corcos (ref. 25). 
He has calculated t h e  reduction i n  pressure f luctuat ion spectrum t h a t  
i s  due t o  the  f i n i t e  dimension of t h e  measuring transducer. 
correction i s  expressible i n  terms of t he  dimensionless quantity of 
fL/+, where f i s  frequency, L i s  a charac te r i s t ic  dimension of a 
uniformly sens i t ive  transducer, and i s  the  turbulence convection 
speed. For convenience we have replot ted Corcos' results f o r  a round 
transducer i n  Figure 42, where it has been assumed t h a t  t he  convection 
velocity,  w, i s  0.8 of t he  free stream velocity,  u m .  This r e su l t  i s  
approximately va l id  through t h e  e n t i r e  frequency range of concern i n  
t h e  present investigation. Corrections based on Figure 42 have been 
applied t o  all of t h e  data  i n  the  present t e s t .  An e f fec t ive  trans- 
ducer diameter of 0.13 inch has been used t o  generate these corrections.  
The j u s t i f i c a t i o n  f o r  t h i s  choice of diameter i s  given i n  Appendix C. 

The 

The Corcos length correct ion u t i l i z e s  measured values of t h e  one- 
dimensional longi tudinal  and lateral  cross-spectral  densi t ies .  
order to determine whether t h e  Corcos correction, which is  based on 
subsonic data, i s  va l id  f o r  supersonic data  also, it i s  of i n t e r e s t  t o  
inquire whether t h e  eddy s i z e  at supersonic Mach nmbers i s  the  same 
(on a non-dimensional bas i s )  as t h e  eddy s i z e  at subsonic Mach numbers. 

In  



Comparison of Figure 14b of Kisler and Chen ( r e f .  14) with Figure ll of 
Willmarth (1962) ( r e f .  38) indicates  t h a t  the eddy s i z e  i n  supersonic 
flow is  considerably l a rge r  than i n  subsonic flow. I n  t h i s  case the  
Corcos correct ion would be too  l a rge  f o r  supersonic flow because l e s s  
cancel la t ion would occur when a l a rge r  eddy passes over the  transducer 
face than when a smaller one passes. 
reduction requires the  measurement of cross-spectral  dens i t ies  i n  
supersonic flow. 

A quant i ta t ive  evaluation of t h i s  

The overa31 uncertainty of the measurements is  1 db at center- 
band frequencies of 16 kcps and below and % 3 db i n  the  31.5 kcps band. 
The data i n  the  63 kcps band i s  questionable and i t s  accuracy is  not 
eas i ly  determinable. 

26 



APPENDIX c 

ESTlMATE OF THE EFFECTIVE DIAMETER OF THE CONDENSER 
MICROPHONE 

The B r u e l  and Kjaer Model 4136 condenser microphone used t o  meas- 
ure t h e  boundary layer pressure f luctuat ions has an overal l  nominal 
diameter of 0.250 inch. 
l y  a stretched and clamped membrane with a geometric diameter of 0.170 
inch. 
diaphragm is more sens i t ive  a t  i t s  center  than at i t s  edges. The f i n i t e  
s i z e  correction (see Appendix B) assumes t h a t  t h e  microphone diaphragm 
has uniform sens i t i v i ty .  Since our microphone does not have uniform 
sens i t iv i ty ,  it i s  necessary t o  determine the  diameter of an equivalent 
microphone i n  order t o  apply t h e  f i n i t e  s i z e  correction. It is  thus 
necessary f o r  us t o  formulate a def in i t ion  of equivalence and then t o  
calculate  t h e  diameter of an equivalent uniformly sens i t ive  microphone. 

The diaphragm of t h i s  microphone i s  essent ia l -  

As would be expected with a clamped membrane, t he  microphone 

"he problem of t h e  microphone diameter becomes of importance only 
when t h e  wave length of t h e  sound measured becomes camparable t o  t h e  
microphone diameter. For a grazing incidence plane progressive sound 
f i e ld ,  a wavelength w i l l  ex i s t  f o r  which the surface in tegra l  of 
pressure times diaphragm sens i t i v i ty  w i l l  be zero; t h a t  is ,  t h e  micro- 
phone output s igna l  w i l l  be zero as t h e  wave propagates by the diaphragm. 
It i s  proposed t h a t  t h e  diameters of two transducers be defined as 
equivalent when at t h e  same frequency they both give zero output s igna l  
f o r  a plane progressive sound wave of grazing incidence. 

W e  s h a l l  assume tha t  t h e  diaphragm of our microphone has a circu- 
lar boundary of diameter D with i t s  center  a t  t he  or ig in  of a Cartesian 
reference frame. 
wave of wavelength A t rave l ing  a t  grazing incidence across t h e  diaphragm 
i n  the  d i rec t ion  of t h e  ordinate and tha t  t h e  s e n s i t i v i t y  of t h e  
diaphragm i s  so le ly  a function of t h e  dis tance from i ts  center.  Our 
job then i s  t o  evaluate t h e  following integral :  

We s h a l l  suppose t h a t  we have a plane progressive 

V = /A Po cos [(Ut - % A o(R)]da 

v = Po a(R) [coswt  cos 2xy A + s i n &  s i n  =Ida A 

The second term i s  an odd Function and thus c l ea r ly  the  in t eg ra l  i s  zero. 
r 

o ( R )  c o s o t  cos 9 da V =  'A '0 A 



Thus w e  need determine D so t h a t  

We introduce polar  coordinates, R and @ , 

2nR 2rtR O =  + 25 2 (-)cos A '  2 h . .  .] R dR d#  

The in tegra ls  with respect t o  of all of t h e  terms except t he  f i rs t  
are zero. Thus the  above becomes 

I n  order t o  evaluate the  sens i t i v i ty  function (I ( R )  f o r  the  Bruel and 
Kjaer microphone type 4136, we make use of measurements made of t h i s  
quantity on a model of a l a rge  B r u e l  and Kjaer microphone type 4131. 
B r u e l  and Kjaer show t h a t  j u s t  below t h e  resonant frequency of t h e  
microphone the  s e n s i t i v i t y  near t he  edge of t h e  diaphragm is down 20 
decibels below t h e  s e n s i t i v i t y  at  the  center  (ref. 39) Using t h i s  
information we propose the  following empirical formula f o r  a ( R ) .  

If we substitute equation ( C 2 )  i n  equation ( C l )  and in tegra te  we obtain 

If we substitute t h e  empirical value f o r  b of 0.9 and solve f o r  the  
f i rs t  s igni f icant  root of equation (C3) we obtain 

- 4.89 xD 
A 

- -  

I n  order t o  determine the  diameter of a uniformly sens i t ive  equivalent 
diaphragm we set b = 0 i n  equation (C3) and obtain 
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The f i r s t  s ign i f icant  root of equation ( ~ 5 )  gives 

( c6 )  
nDe - -  A - 3.83 

W e  determine t h e  equivalent diameter from equations ( C 4 )  and ( C 6 ) .  

D~ = .170 x 3.83 = .133 inches 
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TABLE 3 

INFLUENCE OF VARIOUS DISTURBANCES ON 

W A J L  PFiEEEXJRE FLUC?UATLON LEVEL AT M = 3.46 

R@ = 50,000 

Type of Disturbance 

-- 

N o  disturbance 

1 / 2 O  Deflection Shock 

2.5' Deflection Shock 

5' Deflection Shock 

7.5O Deflection Shock 

Normal Shock 

aP/dx = -.19 psi/ inch 

d P / k  = + .96 psi/ inch 

t = .125" Downstream 

t = .125" Upstream 

3 
F- - 4T x 10 

9 

1.8 
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23.3 

37.2 
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1.8 
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2.4 

3.9 
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21.2 

33.8 
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1 - 7  

10.9 
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TABI;E 4 

EXAMPIZ OF CORRECTIONS APPLED TO RAW DATA 

Pos i t ive  numbers represent additions t o  r a w  data values. 

Typical d i r e c t  record corrections* 

Octave Band Centei 
Frequency, kcps 

0.016 

0.063 
0.125 

0.250 

0.500 

0.0315 

1.00 

2.00 

4.00 
8.00 

16.00 

63.0 
31.5 

WBFM system 
Correct ions 
All Data, 

db 
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+4 
+3*5 

3.5 
2.5 

2.5 
1.5 
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0.5 
0.5 

system 
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-25.0 
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Pressure- 
dependence 
Corrections, 

db 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

1 

-7 
-10 

F i n i t e  
Size 

Correct ions 
db 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

1 

2 

4 

Microphone s e r i a l  number 77315, w a l l  s t a t i c  pressure 2.58 psia,  data 
t rack  2-loop t rack  1. 
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w m 
-RE J 4 DAL TRlfONlC ONE-FOOT TUNNEL 

DESIGN FEATURES 

VERTICAL 
SOUND PANELS TRANSONIC 

WALL  DIVERG. 

THROAT 
VANE 

PERFORATED 
PLATE 

-MODEL 
SUPPORT 
STRUT 

n I1 I - - 
I I I  - 

HORIZONTAL 
F L A P  

JACKS 

0 CONTROL VALVE Valve motion cotttrolled during run by pneumatic controller to maintain constant pressure in  st i l l ing chamber. 

@STILLING CHAMBER Perforoted plote, 1/4" thick w i th  backup structure, 1/4" holes distributed uniformly. 5 screens consisting of 1-20 mesh, 36% open 
4-40 mesh, 51.8% open. 5 internal sound panels reducing maximum pressure fluctuation to *0.5% of st i l l ing chamber pressure. Contraction ratio to test 
section (Moo 1.0) i s  11.5. 

@NOZZLE SECTION Removable blocks M, 1.0, 1.4, 1.6, 1.8,2.5,3.5.lO"window i n  supersonic section Schlieren system. 

@TRANSONIC 4 walls perforated, 22% open, ,hales normal to wall. Adiustable divergence on side wal ls 52.. Section removoble and downstream circuit 
moves up. Schlieren system. 

voriable gap for flow reentry and variable ore0 around strut. Second throat controls &, in range 0-1.2 Variable M, during run possible 
by rotating throat vane. Vorioble settings in  diffuser improves run time over fixed design. 

@MODEL SUPPORT, FLAP &VARIABLE DIFFUSER Variable strut - maximum pitch 30°. Horizontal 8 vertical flops movable to give 

@ FIXED DIFFUSER 7 O  total angle diffuser. Tronsition from rectangular to circular section. 

@MUFFLER Sound panels. Flow exhausted to atmosphere. 



ONE-FOOT 
TUNNEL 

F SCHEMATIC OF M0D1F1CAT10N.S TO THE AIR SUPPLY SYSTEM 
FOR TESTS OF BOUNDARY LAYER PRESSURE FLUCTUATIONS 

6"AIR SUPPLY LINE TO ONE-FOOT RESERVOIRS 

\ 
i i i  i I 
;;I I 

r- ,I I I 
18" AIR SUPPLY LINE ADDED FOR CURRENT TESTS , I  1 I 

SOUTH PAIR OF RESERVOIRS 

7 OF FOUR-FOOT TUNNEL 
NORTH RESERVOIR 
TRlSONlC ONE-FOOT TUNNEL 

FIGURE 2 
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f- ONE-FOOT TUNNEL 
STORAGE RESERVOIR 

-18" AIRSUPPLY LINE / 
FOUR-FOOT TUNNEL STORAGE 
RESERVOIR 

--------$-------lr-)N - e  

FIGURE 3 PHOTOGRAPH OF MODIFICATIONS TO T H E  AIR SUPPLY SYSTEM 



I .  
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.FIGURE 54 PHOTOGRAPH OF MODIFICATIONS TO ONE-FOOT TUNNEL ENTRANCE 
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FLOW 

FULLY EXTENDED POSITION 

I I 

RETRACED POSITION 

FIGURE 5 SKETCH OF BOUNDARY L A Y E R  T O T A L  HEAD PROBE 
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FIGURE 6 - TYPICAL BOUNDARY LAYER VELOCITY PROFILES 
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NOISE PLATE SHOWING POSSIBLE LOCAflONS OF MICROPHONES AND ACCELEROMETER 
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I 

128db SPL 
250 cps 

BBX 2615 

I 

See Noh I 
r------ 
I 
I 
I I 

I 
I 

MINC6W - I  I 
KUAOO.35 I m~~lq- B6)K 2630 I /  BALLANNlW RECORDER 4136 -%APTOR A 1, CATHOOE A M -302 -0 GI14 - 

FOLLOWER &MRIFIER) 6Oips D lKCT ADAPmR PISTONPHONE 1) r l  I MODI Fl ED) ,) MIC. 'MODIFIEDI - 

I 

ADAPTOR FREQ RESPONSE - *- CALIBRATION 

S Y S T E M  

See Note 2 

IMONITORI 

NOTE 1: B + K UA0030 MICROPHONE ADAPTER AND B t K 2630 (BATTERY OPERATED) 
CATHODE FOLLOWER USED FOR TWO CHANNELS. B t K 2615 H" CATHODE FOLLOWER 
AND 2801 POWER SUPPLY USED FOR THREE CHANNELS. 

NOTE 2: MARCH '63 TESTS USED SYSTEM SHOWN. NOVEMBER '62 TESTS USED PRECISION 
INSTRUMENT PI207 WBFM TAPE RECORDER AND NO PREAMPLIFIERS. JANUARY '63 
TESTS USED PRECISION INSTRUMENT PS207 WBFM TAPE RECORDER AND COLUMBIA 
PREAMPLIFIER 6006. 

FIGURE 8 - ACOUSTIC DATA ACQUISITION SYSTEM 



MH 4103 MH 5106 MH 5/13 MH 3/72 
TA PE REEL 
TRANSPORT - PREAMP - 60 i p s  

, m. AMP DIRECT KCOR0 
DtRECT AMP 

L- c 
MH 51 13 eaK MH 3/91 - TAPE LOOP - 22O3//6 I3 

TRANSPORT OBA 

D I R E C T  RECORD REDUCTION 
S Y S T E M  

MH 5113 W B F M  REDUCTION M H  3/72 
S Y S T E M  PREAMP ’ D  TAPE REEL - 

TRANSPORT 

VTVM I 

TRANS PORT 

MH 5203 
ISCRIMINATOR 

H-P 130 BR 
SCOPE 

MH 5/13 
* PREAMP 

H-P 130 BR 1 SCOPE 1 

MH 5203 BBK 2111 GR 1521-A - 
‘DtSCRIMtNATOR +SPECTROMETER GLR 

IRe-Record 
Oulput 54 KC? 40% 

H-PNOB 

NOTE 1: RE-RECORD OUTPUT IS NOT DISCRIMINATED BUT I S  MERELY AMPLIFIED 

FIGURE 9 - ACOUSTIC DATA REDUCTION SYSTEMS 
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JA) SHOCK AND EXPANSION WAVE GENERATOR STATION X = 0 

, r  

#>/////////A<\ n \ \ \\ \\\\\\ \ \ \ \ \\ \ \ \ \\\ V//N//// I 1  

m 

e I 
I -  / /  / I  I t 
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(B) ADVERSE PRESSURE GRADIENT GENERATOR 

FIGURE 10 INSTALLATION DETAILS OF SHOCK WAVE AND PRESSURE GRADIENT GENERATORS AT 
M = 3.46 
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FIGURE 12- NON-DIMENSIONALIZED BOUNDARY L A Y E R  V E L O C I T Y  P R O F I L E S  
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FIGURE 13-BOUNDARY LAYER PARAMETERS AS FUNCTIONS OF MACH NUMBER 
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FIGURE 1 4 b  -VARIATION OF STATIC PRESSURE AND MACH NUMBER WITH DISTANCE 
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STATIONS ALONG THE TUNNEL SIDEWALL, M4 = 0.86 
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FIGURE 21 BOUNDARY LAYER PRESSURE FLUCTUATnN LEVELS AT STATIONS ALONG THE 
TUNNEL SIDEWALL, MI = 3-46 
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FIGURE 26 BOUNDARY LAYER PRESSUR E FLUCTUATION 
LEVELS AT MICROPHONE LOCATION 4(X = 4”) 

IN THE PRESENCE OF A SHOCK WAVE, M 4  = 3.46 
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M U R E  31 BOUNDARY LAYER PRESSURE FLUCTUATY)N LEVELS AT MICROPHONE LOCATIW I(X = 4")  
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FIGURE 36 BOUNDARY LAYER PRESSURE FLUCTUATION LEVELS AT STATIONS ALONG 
THE TUNNEL SIDEWALL IN THE PRESENCE OF A ROUGHNESS, M4 = 3.46 
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